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Abstract: Small satellite constellations in multiple-inclination, low-circular orbits around Mars
and Venus have the potential to perform a range of high-value science investigations within cost-
constrained missions. A major challenge for small satellites is that they require large ∆V to enter
low-circular orbits, which can drive up both spacecraft mass and cost. Compared to chemical
propulsion, which requires large amounts of propellant, and electric propulsion, which requires large
solar arrays and comes with long flight times, aerocapture enables direct access to low-circular orbits
at Mars and Venus with minimal ∆V. The study shows how drag-modulation aerocapture, when
combined with small B-plane targeting maneuvers, allows the delivery of multiple small satellites to
various-inclination, low-circular orbits to establish a constellation. Preliminary cost estimates indicate
that by reducing the required ∆V for orbit insertion, aerocapture can potentially reduce the cost of
a small satellite going to a low-circular Mars orbit compared to propulsive insertion. The ability of
low-cost spacecraft to enter planetary orbits will enable a new paradigm of interplanetary missions
using small dedicated launch vehicles and planetary constellations at Mars and Venus.

Keywords: aerocapture; drag modulation; small satellite; orbit insertion; planetary constellations

1. Introduction

Small satellites come at a fraction of the cost of large interplanetary orbiter missions
and could enable a new revolution in our exploration of the Solar System, as with small
satellites in Low Earth Orbit (LEO) [1]. Traditionally, planetary exploration has been
performed through large programs such as the $500M Discovery-class [2], the $1B New
Frontiers-class [3], and the $2–4B large Flagship-class missions [4]. NASA’s Planetary
Science Division (PSD) has recognized the value and impact of SmallSats, from CubeSats to
ESPA-class satellites, for high-value science missions to support exploration in addition to
large missions [5]. In 2017, PSD solicited concepts using small spacecraft under the Small
Innovative Missions for Planetary Exploration (SIMPLEx) program, within a cost cap of
USD 55 million [6].

Compared to small satellites in LEO, which have very limited or no need for propul-
sion, interplanetary small satellites require propulsion systems that can deliver substantial
∆V capability for two maneuvers. The first is to escape the Earth’s sphere of influence if
the spacecraft is only delivered to LEO or GTO and is not launched as a secondary payload
on a planetary mission or a dedicated small-launch vehicle. The second is to achieve
orbit insertion, which can be several hundred m/s to a few km/s of ∆V depending on
the science orbit. Figure 1 shows the required impulsive orbit insertion ∆V at Mars and
Venus as a function of the orbit apoapsis altitude. The required ∆V increases sharply, with
a decrease in apoapsis altitude, as one moves towards low-circular orbits. For example,
the required ∆V to achieve a 200 × 300 km orbit at Mars and Venus is approximately 2000
and 3500 m/s, respectively. This presents a significant challenge for small spacecraft, as
large ∆V requirements can drive up both spacecraft mass and cost. A recent NASA study
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showed that the ∆V required is the largest cost driver for small missions, and minimizing
the required ∆V can allow for smaller and cheaper spacecraft and lower total mission
costs [7].
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Figure 1. Orbit insertion ∆V as a function of the apoapsis altitude at Mars and Venus from trajectories
with V∞ = 2.5 and 3.5 km/s, respectively, periapsis altitude = 200 km.

There are three methods to achieve orbit insertion—(1) chemical propulsion; (2) electric
propulsion; and (3) aerocapture. Figure 2 shows the dry-to-wet mass ratio as a function of
∆V for various propulsion systems computed using the rocket equation. With chemical
bi-propellant systems, the maximum achievable ∆V is about 2600 m/s, beyond which the
required propellant mass exceeds 60%. Electric propulsion provides a high specific impulse
and keeps the propellant mass fraction small, but its low thrust level implies orbit transfers
are slow. While a typical Earth–Mars transfer with chemical propulsion takes 12–15 months,
an SEP trajectory takes approximately 24–28 months before entering operational orbit [8].
The long flight times can increase operational costs for small spacecraft. In addition, SEP
requires large solar arrays, which can drive up the dry mass and cost [7].
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Figure 2. Dry-to-wet mass ratio as a function of ∆V from the rocket equation. The dotted horizontal
line demarcates the region below which the propellant mass fraction exceeds 60%.
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The third option is aerocapture, which allows orbit insertion with a very small ∆V,
enabling small spacecraft direct access into a low-circular orbit immediately upon arrival.
The reduction in ∆V required minimizes spacecraft mass and can potentially reduce costs
and thus enable constellations of multiple low-cost small spacecraft at Mars and Venus.

Drag-modulation aerocapture, a technique that uses atmospheric drag to decelerate
spacecraft, has been proposed as a solution to enable small, low-cost satellites to achieve
orbit insertion without a large propulsion system [9–12]. Figure 3 shows a schematic of
the drag-modulation aerocapture concept. In simple discrete event drag modulation, the
ballistic coefficient is allowed to take two values, a low-value β1 with the drag skirt on
and a high-value β2 after the drag skirt is jettisoned [13]. The only control variable is the
time at which the drag skirt is jettisoned. Over the past several years, drag modulation
has emerged as the preferred control technique over lift modulation for low-cost mission
concepts due to its simplicity. Several recent studies have investigated the feasibility and
guidance performance for drag-modulation aerocapture at Mars and Venus [14–18].
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Drag skirt deployed
prior to entry

Entry interface

Peak heating

Drag skirt
jettison

Atmospheric exit
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Figure 3. Schematic showing the key events in drag-modulation aerocapture for small satellite orbit
insertion. Distances are not to scale, and atmospheric extent is greatly exaggerated for clarity.

Several studies have proposed the use of small satellite constellations in low-circular
orbits for future missions, but there are no studies investigating the use of aerocapture
for planetary constellations. Some examples include: (1) a six-satellite constellation at
Mars, which performs radio occultations using satellite cross-links to obtain hundreds of
atmospheric profiles every day [19]; (2) a ten-satellite constellation at Mars to study the
Martian climate system and volatile transport processes on a global scale [20]. The ability
to establish constellations using small, low-cost satellites will enable a new paradigm in
planetary exploration with global imaging and radar constellations that can image large
portions of the planet in high cadence and detect surface changes, simultaneous multi-
point observations of the magnetosphere, telecom relay networks, and satellite positioning
systems [21]. The present study is the first to show how drag-modulation aerocapture when
combined with very small B-plane targeting maneuvers allows the delivery of multiple
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small satellites to various inclination orbits from a single host spacecraft or a dedicated
cruise stage and thus enable low-cost planetary constellations at Mars and Venus.

The present work aims to provide the planetary science community with a detailed
mission analysis of using a drag modulation system to insert multiple small satellites
into low-circular orbits at Mars and Venus. A host spacecraft or dedicated cruise stage
is assumed to carry the small satellite(s) and provide power and propulsion during the
interplanetary cruise. A few days prior to reaching the planet, the carrier spacecraft releases
the small satellite(s) for aerocapture and then performs a deflection maneuver to target
its own approach trajectory to perform propulsive orbit insertion at periapsis. The small
satellite deploys its drag skirt prior to entry and performs aerocapture. A small propulsive
Periapsis Raise Maneuver (PRM) at the first apoapsis is performed to raise the periapsis
outside the atmosphere and complete its orbit insertion. The study is organized as follows.
Detailed mission design and analysis are presented for a set of four small satellite concepts
using aerocapture for orbit insertion to low-circular orbits:

1. A mission concept to deliver a single 25 kg small satellite to a 200 × 2000 km near-
equatorial Mars orbit as a secondary payload on a large orbiter mission.

2. A mission concept to deliver a single 25 kg small satellite to a 200 × 2000 km polar
Venus orbit as a secondary payload on a Venus orbiter mission.

3. A mission concept to deliver a constellation of five small satellites to various inclina-
tions (equatorial to polar), 200 × 2000 km Mars orbits as secondary payloads.

4. A mission concept to deliver a constellation of five small satellites, all to near-polar
inclination, 200 × 2000 km Venus orbits as secondary payloads on a Venus orbiter.

Combining the ∆V reduction from mission analysis and cost data published by
Edwards et al. [7] for small spacecraft, a preliminary estimate of the cost savings of-
fered by aerocapture for small satellites is presented. The results of the mission analysis
can be extended to other related small satellite concepts at Mars and Venus, which are
briefly discussed. These include standalone SmallSat missions using a dedicated low-
cost launch vehicle [22], relay orbiter for lander/balloon missions [23], a global small
lander network [24], and global imaging and radar constellations for future planetary
missions [25].

2. Mathematical Models
2.1. Atmospheric Flight Mechanics

The general kinematic and dynamic equations of motion for atmospheric flight over a
spherical planet in a planet-fixed reference frame are summarized below [26].

dr
dt

= V sin γ (1)

dθ

dt
=

V cos γ cos χ

r cos φ
(2)

dφ

dt
=

V cos γ sin χ

r
(3)

dV
dt

= −D
m
− g sin γ + ω2r cos φ(sin γ cos φ− cos γ sin φ sin χ) (4)

V
dγ

dt
=

L
m

cos σ− g cos γ +
V2

r
cos γ + 2ωV cos φ cos χ

+ ω2r cos φ(cos γ cos φ + sin γ sin φ sin χ)

(5)
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V
dχ

dt
=

1
m

L sin σ

cosγ
− V2

r
cos γ cos χ tan φ + 2ωV(tan γ cos φ sin χ− sin φ)

− ω2r
cos γ

sin φ cos φ cosχ

(6)

where r is the radial distance from the center of the planet, θ is the longitude, φ is the
latitude, V is the velocity, γ is the flight-path angle, and χ is the heading angle [26].

The lift force L and drag force D are given by

L = qACL, D = qACD (7)

where q = 1
2 ρV2 is the dynamic pressure, A is the vehicle aerodynamic reference area, m

is the vehicle mass, CL is the lift coefficient, and CD is the drag coefficient. σ indicates the
bank angle, g is the local gravitational acceleration, and ω is the planet rotation rate.

Thus the aerocapture vehicle state during atmospheric flight is defined by the vector
[r, θ, φ, V, γ, χ]. As shown in Figure 3, the entry flight path angle should be within the
aerocapture corridor bounded by [γmin, γmax]. The width of the corridor is the Theoretical
Corridor Width (TCW) defined as γmin − γmax. Given an entry state with all parame-
ters except γ, a bisection algorithm implemented in the Aerocapture Mission Analysis
Tool (AMAT) is used to successively propagate entry trajectories for an upper and lower
bound guess for γ to compute γmin and γmax for a drag modulation vehicle design [27].
Once the corridor is computed, aerocapture trajectories can be propagated using the entry
state [re, θe, φe, Ve, γe, χe] till atmospheric exit with a guidance scheme used to determine
the drag skirt jettison time in order to achieve the desired apoapsis. The convective heating
rate is estimated using the Sutton–Graves empirical relation [28]:

q̇c = K
(

ρ∞

RN

)0.5
V3 (8)

where q̇c is the stagnation-point convective heating rate in W/cm2, K = 1.8980× 10−8

for both Mars and Venus, ρ∞ is the freestream air density, and RN is the vehicle nose
radius [29]. The radiative heating for Mars is assumed negligible for the low-ballistic
coefficient entry system. This is a limitation of the current study because no empirical
relations are readily available, and future studies are recommended to quantify the radiative
heating contribution for low-ballistic coefficient entry at Mars. The radiative heating rate
for Venus is given by [30,31]:

q̇r =


K1ρ1.2

∞ V10.0R0.49
N if V < 8000 m per s

K2ρ1.2
∞ V5.5R0.49

N if 8000 ≤ V ≤ 10,000 m per s
K3ρ1.2

∞ V13.4R0.49
N if 10,000 ≤ V ≤ 12,000 m per s

(9)

where q̇r is the stagnation point radiative heat flux in W/cm2, K1 = 3.33 × 10−34,
K2 = 1.22 × 10−16 and K3 = 3.07 × 10−48. The heating correlations are implemented
in AMAT and can be used to compute the heating profiles once the entry trajectory is prop-
agated.

2.2. Approach Trajectory, Entry State, and Deflection Maneuvers

Given an interplanetary arrival ~V∞, the approach trajectory is completely defined by
two parameters: (1) the trajectory periapsis magnitude rp, and (2) the angular position ψ
of the aim point on the B-plane measured clockwise from the +ve B.R axis. By choosing
various values of ψ from 3π

2 to π, it becomes possible target inclinations ranging from the
arrival declination up to polar orbits. The hyperbolic approach trajectory of the aerocapture
vehicle until the entry interface and the entry state vector [re, θe, φe, Ve, γe, χe] is computed
using the analytic method developed by Hughes [32]. Once an entry state is obtained, the
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aerocapture corridor can be computed, and the approach trajectory can be recomputed
iteratively by adjusting rp to obtain an approach trajectory that delivers the vehicle at the
desired γe within the aerocapture corridor defined by [γmin, γmax].

Given two approach trajectories defined by (rp1, ψ1) and (rp2, ψ2), which correspond
to two aim points on the B-plane, and the distance from the planet at which the maneuver
is performed, the analytic solution developed by Hughes [32] is used to compute the
magnitude of the deflection maneuver required to change the approach trajectory. The
calculation of approach trajectory and entry state vector from an arrival ~V∞ using a given
(rp, ψ) and the deflection maneuvers is implemented in AMAT.

3. Aerocapture Vehicle Design

The aerocapture vehicle design used in the study is a scaled-up version of the Adapt-
able, Deployable Entry and Placement Technology (ADEPT) Sounding Rocket 1 (SR-1)
flight test article [33,34]. ADEPT is particularly well suited for small satellites as secondary
payloads because the stowed configuration minimizes the volume footprint on a host
orbiter. The SR-1 test article shown in Figure 4 has an entry mass m = 11 kg, stowed
diameter of 0.235 m, and a deployed diameter of 0.688 m. The current best estimate of the
payload mass fraction (ratio of useful spacecraft mass to total entry mass) is 0.60. The drag
coefficient CD for the configuration is 1.50, resulting in a ballistic coefficient β = m/CD A
' 20 kg/m2. The scaled-up version of the SR-1 article used in this study has a stowed
diameter of 0.5 m and a deployed diameter of 1.5 m. The vehicle design uses the same
β1 = 20 kg/m2 to maintain comparable aerodynamic performance as the test article. This
constrains the maximum entry mass m = β1CD A to 53 kg. Assuming a payload mass
fraction of 0.60 and allocating an additional 3 kg for the separation mechanism, the vehicle
mass after the ADEPT jettison is 29 kg. The vehicle post-jettison of the drag skirt has the
same diameter as the stowed configuration (D = 0.5 m), resulting in β2 = 150 kg/m2 assum-
ing CD = 1.0 for the spherical nose cap. This gives a ballistic coefficient ratio β2/β1 = 7.5
before and after jettison, which will be shown later to provide sufficient control authority
and keep the peak heat rate within the tested limit of the carbon-cloth TPS at both Mars
and Venus [35].

Figure 4. Stowed and deployed configurations of the ADEPT SR-1 flight test article. Reproduced
from the work by Dutta et al./NASA [34]. The scaled-up version of the SR-1 article used in this study
has a stowed diameter of 0.5 m and a deployed diameter of 1.5 m.

4. Single Small Satellite to Mars Orbit as Secondary Payload

To illustrate the use of B-plane targeting to insert satellites into multiple orbits from a
single interplanetary trajectory, delivery of a single small satellite as a secondary payload
is first presented. This section provides a detailed mission analysis of the aerocapture
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trajectory of a single satellite and the deflection maneuver to target a different approach
trajectory, which will later be extended to targeting multiple satellites at different orbits.
The high-level mission objective is to deliver a small satellite to a near-equatorial Mars orbit
as a secondary payload on a Mars polar orbiter mission. A few days prior to arrival at Mars,
the host orbiter releases the small spacecraft on its approach trajectory for aerocapture.
The host then performs a small deflection maneuver to target its approach trajectory for
propulsive orbit insertion at periapsis. The mission requirements defined for this concept
are arbitrarily selected for the study but illustrate how B-plane targeting maneuvers and
aerocapture enable a small spacecraft to be inserted to a different inclination, low-circular
orbit compared to that of the host, which goes into a highly-elliptical capture orbit.

4.1. Mission Requirements

The study requirements are as follows:

1. The mission should deliver a 25 kg small satellite as a secondary payload on a Mars
orbiter mission to a 200 × 2000 km near-equatorial Mars orbit.

2. The concept must allow for at least 1.0 deg. of Theoretical Corridor Width (TCW) and
accommodate a +/−0.2 deg. 3σ EFPA error at the entry interface.

3. The maximum peak deceleration during aerocapture is not to exceed 5 g.
4. The maximum peak stagnation-point heat rate is not to exceed 40 W/cm2, which is

well within the 240 W/cm2 tested limit of the carbon cloth TPS.
5. The stagnation-point total heat load is not to exceed 5 kJ/cm2.
6. The periapsis raise maneuver propulsive ∆V to be performed by the small spacecraft

after orbit insertion is not to exceed 40 m/s.
7. The deflection maneuver to be performed by the orbiter to target its insertion into a

200 × 70,000 km orbit must not exceed 30 m/s.
8. The deflection maneuver must be performed no earlier than 4 days prior to entry (to

keep the small satellite EFPA error low) and no later than 2 days to allow the primary
spacecraft to prepare for its orbit insertion maneuver.

4.2. Tradespace Exploration and Baseline Mission Concept

The study uses the framework and the Aerocapture Mission Analysis Tool (AMAT) de-
veloped at Purdue University for a rapid conceptual design of aerocapture missions [27,36].
The aerocapture feasibility chart is a graphical method for initial tradespace exploration
and selecting a baseline interplanetary arrival V∞ and ballistic coefficient ratio β2/β1 for
further analysis. The aerocapture feasibility chart has contours of theoretical corridor width
(TCW), g-load, peak heat rate q̇, and total heat load Q as a function of arrival V∞ and
β2/β1 [37]. Figure 5 shows the drag-modulation aerocapture feasibility chart for Mars
using a vehicle with β1 = 20 kg/m2, RN = 0.235 m, and target apoapsis = 2000 km. The
drag modulation vehicle design presented in Section 3 with β2/β1 = 7.5 is seen to provide
the required TCW of 1 deg. across the typical range of arrival V∞ at Mars (2 to 4 km/s),
and thus offers sufficient control authority for aerocapture and keeps the peak heat rate
under 40 W/cm2.

For the purpose of this study, the transfer trajectory used by the Mars 2020 mission
with a launch date of 30 July 2020 and Mars arrival date of 18 February 2021 is used as a
representative trajectory [38]. The arrival V∞ vector in the International Celestial Reference
Frame (ICRF) is [2.239, 1.200, −0.7368] km/s, and the V∞ magnitude is 2.65 km/s. The
arrival declination is 1.65 deg. The selected baseline β2/β1 and V∞ is indicated by the black
star in Figure 5, which offers TCW > 1 deg., keeps the g-load below 3g, and keeps the heat
rate below 40 W/cm2.
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Figure 5. Mars drag-modulation aerocapture feasibility chart with β1 = 20 kg/m2, RN = 0.235 m,
target apoapsis = 2000 km. The star indicates the selected baseline β2/β1 = 7.5 and V∞ = 2.65 km/s.

4.3. Small Satellite Approach Trajectory and Atmospheric Entry State

The hyperbolic approach trajectory of the aerocapture vehicle until the atmospheric
entry interface is computed using the analytic method developed by Hughes [32]. To
target a near-equatorial orbit, the angle ψ is chosen to be 3π/2, which results in a 1.65 deg.
inclination orbit. The choice of rp determines the entry flight-path angle (EFPA) and must
be selected so that the EFPA falls within the aerocapture entry corridor. An approach
trajectory must be first computed to obtain the atmospheric entry state vector, which is
then used to compute the aerocapture entry corridor. This iterative process is repeated until
an acceptable approach trajectory that delivers the vehicle to the entry interface within the
aerocapture corridor is found. An approach trajectory with rp = (3389.5 + 52) km results
in a planet-relative EFPA = −9.25 deg. at the atmospheric interface (h = 120 km) and will
be shown to fall within the aerocapture entry corridor in Section 4.5. Figure 6 shows the
approach trajectory of the vehicle until the atmospheric entry interface. Table 1 lists the
nominal atmospheric entry conditions for the aerocapture vehicle at Mars.

Table 1. Mars aerocapture vehicle atmospheric entry state.

Parameter Value

Entry altitude, km 120
Entry longitude 1, deg. −89.76

Entry latitude, deg. −0.71
Atm. relative entry speed, km/s 5.36

Atm. relative heading angle 2, deg. 9.38
Atm. relative EFPA, deg. −9.25

1 Body-inertial frame following Hughes [32]. 2 Following the definition by Vinh [26].
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Figure 6. Approach trajectory of the Mars small satellite aerocapture vehicle. The white ring and the
solid line indicate the equatorial plane and the direction of the north pole, respectively.

4.4. Aerocapture Entry Corridor and Nominal Vehicle Trajectory

The aerocapture entry corridor is the range of EFPA within which the drag modula-
tion vehicle can enter and achieve the target apoapsis altitude at the atmospheric exit by
jettisoning the drag skirt at the appropriate time. The overshoot limit is the shallowest the
vehicle can enter, and keeping the low-ballistic configuration β1 (i.e., with the drag skirt
on) for the entire duration of the flight, is able to achieve the target apoapsis altitude post
aerocapture. The undershoot limit is the steepest the vehicle can enter, and keeping the
high-ballistic configuration β2 (i.e., the drag skirt jettisoned) for the entire duration of the
flight, is able to achieve the target apoapsis altitude post aerocapture. The drag-modulation
aerocapture entry corridor is thus bounded by the undershoot (steep) and overshoot (shal-
low) EFPA limits and the width of the corridor is the TCW. Table 2 shows the overshoot
and undershoot EFPA limits for the Mars aerocapture vehicle computed using the entry
state in Table 1.

Table 2. Mars SmallSat aerocapture entry corridor.

Parameter Value

Overshoot limit, deg. −8.78
Undershoot limit, deg. −9.86

TCW, deg. 1.08

Figure 7 shows the evolution of altitude, vehicle speed, deceleration, and stagnation-
point heat rate for the Mars aerocapture vehicle with β1 = 20 kg/m2, β2/β1 = 7.5,
RN = 0.235 m entering at atmosphere-relative EFPA = −9.25 deg. The sharp change
in the deceleration at 2.5 min after entry indicates the drag skirt jettison event. The peak
deceleration is about 2.4 g, and the peak stagnation-point heat rate is 20 W/cm2. The timing
of the jettison event is critical, as keeping the drag skirt on for just a few more seconds can
result in the vehicle bleeding too much speed and not being able to exit the atmosphere.
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Figure 7. Nominal Mars small satellite aerocapture trajectory for a vehicle with β1 = 20 kg/m2,
β2/β1 = 7.5, RN = 0.235 m entering at atm. relative EFPA = −9.25 deg. Target apoapsis = 2000 km.

4.5. Effect of Atmospheric Uncertainties and Target EFPA Selection

In addition to ensuring the target EFPA falls within the aerocapture corridor for a
nominal Mars atmospheric profile found in Section 4.4, mission analysis must also account
for the effect of atmospheric uncertainties on the aerocapture corridor. MarsGRAM provides
the minimum (−3σ), average, and maximum (+3σ) density values for the atmospheric
profile. The effect of these density variations on the aerocapture corridor must be accounted
for when selecting the approach trajectory and the nominal target EFPA for the aerocapture
entry system. Table 3 shows the effect of mean density variation on the corridor bounds.
As the atmosphere density increases from minimum to maximum, both the overshoot and
undershoot limits become shallower. The target EFPA must be selected such that when
delivery errors are considered, the vehicle enters the aerocapture corridor both in the case
of minimum- and maximum-density atmosphere.

Table 3. Effect of density variations on Mars aerocapture corridor.

Parameter Min. Density Average Max. Density

Overshoot, deg. −9.035 −8.839 −8.651
Undershoot, deg. −10.082 −9.992 −9.903

TCW, deg. 1.014 1.018 1.022

Figure 8 shows the effect of atmospheric density variations on the Mars aerocapture
entry corridor. The blue, green, and red rectangles indicate the aerocapture corridor for
the minimum, average, and maximum density atmospheric profiles. The solid blue line
indicates the overshoot limit for the minimum density atmosphere. If the atmosphere
density is minimum and the vehicle enters any shallower than this EFPA, there is not
enough aerodynamic drag and the vehicle will overshoot its target orbit or may fail to
be captured. The solid red line indicates the undershoot limit for the maximum density
atmosphere. If the density is at a maximum and the vehicle enters any steeper, it will
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undershoot the apoapsis even with the high ballistic configuration throughout the flight.
However, jettisoning the drag skirt immediately after entry will subject the vehicle to a
substantially higher peak heat rate and must be avoided. Thus, the target EFPA is selected
to be the mid-point of the shallow half of the available corridor across the three rectangles,
which ensures the vehicle enters the corridor both in the case of minimum and maximum
density atmosphere. The selected target EFPA = −9.25 deg. is indicated by the black
dash-dot line, along with the assumed ±0.2 deg. 3σ delivery uncertainty indicated by the
dotted lines.
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Figure 8. Effect of density variation on Mars aerocapture corridor bounds. The black dash-dot line
indicates the selected EFPA, and the black dotted lines indicate the assumed ±3σ delivery error.

4.6. Guidance Scheme

Various guidance schemes for drag-modulation aerocapture have been studied in the
existing literature [13,39,40]. Roelke et al. showed that using accelerometer measurements
to create a density interpolator as the vehicle descends into the atmosphere performs consis-
tently better than the density scale factor approaches used in earlier studies [41]. Using the
measured density profile enables the guidance algorithm not to be reliant on any on-board
density profiles. A simple guidance scheme using on-board density interpolation is used in
this work to evaluate the preliminary design. For simplicity, the study assumes that there
is no error in the density from accelerometer measurements and perfect knowledge of vehi-
cle’s navigated state during entry. Once a pre-defined altitude rate threshold is exceeded,
the vehicle starts predicting its apoapsis altitude at exit if the drag skirt is jettisoned in the
next guidance cycle loop. Figure 9 shows the evolution of altitude rate and altitude for a
guided Mars drag-modulation aerocapture trajectory. On-board density begins at entry
and continues until a preset altitude rate of −200 m/s is exceeded at approximately 120 s
after entry. At this point, apoapsis prediction is initiated in a 2 Hz guidance loop using
the measured density model. For altitudes below the range for which measurements were
available, a simple exponential scale height-based extrapolation is used. At approximately
188 s after entry, the drag-skirt jettison event is commanded.
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Figure 9. Evolution of altitude rate and altitude during Mars aerocapture. The green diamond
indicates the time when a preset altitude rate threshold (−200 m/s) is exceeded, at which point density
estimation is cut off and apoapsis prediction is initiated. The red circle indicates the jettison event.

4.7. Performance Analysis

Nominal values of the parameters used in the Monte Carlo simulations and the uncer-
tainties are listed in Table 4. For the navigation delivery uncertainty, only the uncertainty in
the EFPA is considered, as this is the most important parameter of interest for aerocapture.
The assumed ±3σ uncertainty of 0.20 deg. is based on data available in the literature for
a small satellite released by the host spacecraft 4 days prior to entry at Venus [42]. The
atmospheric mean density uncertainty (±3σ) and random high-frequency perturbations
are supplied by Mars-GRAM [43]. The minimum, average, and maximum mean density
profiles are computed at the entry location (latitude, longitude) and a single local solar time.
For the aerodynamic uncertainty, a nominal ±3σ of 10% is assumed for the vehicle β2/β1.

Table 4. Mars aerocapture Monte Carlo uncertainties.

Category Variable Nominal Uncertainty Distribution

Navigation EFPA −9.25 deg. ±0.20 deg. (3σ) Normal
Atmosphere Mean density - ±3σ Normal

Random - rpscale = 1 Uniform
Aerodynamics β2/β1 7.5 ±10% (3σ) Normal

The entry state used for the Monte Carlo simulations is defined in Table 1 with the
EFPA distribution from Table 4. The target apoapsis altitude is 2000 km. If the guidance
algorithm detects the predicted apoapsis altitude at atmospheric exit is within the pre-
scribed tolerance or below the target value, drag skirt jettison is commanded. A total of
1000 entry trajectories were propagated, all of which achieved successful orbit insertion.
No trajectories resulted in the vehicle escaping the planet or crashing into the surface.
Figure 10 shows the distribution of the apoapsis and periapsis altitude at atmospheric exit.
Figure 11 shows the distribution of the peak g-load, stagnation-point heat rate, and the
total heat load.

The achieved orbit apoapsis distribution is shown in Table 5. In total, 88.1% of the
cases achieved apoapsis within ±400 km of the target, and 99.5% achieved apoapsis within
±800 km of the target. Table 6 shows the statistics from the Monte Carlo simulations.
The 95 percentile peak deceleration and peak heat rate are 2.41 g and 39 W/cm2. The
95 percentile periapsis raise ∆V is 34 m/s. The apoapsis correction maneuver (ACM) ∆V is
the magnitude of the maneuver performed at the periapsis to correct the apoapsis error
after aerocapture.
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Figure 10. Histogram of the apoapsis altitude (left) and the apoapsis altitude and periapsis al-
titude (right) for aerocapture at Mars. The dashed line indicates the target apoapsis altitude of
2000 km.
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Figure 11. Scatter plots of the peak deceleration, peak stagnation-point heat rate and the total heat
load for aerocapture at Mars. The dotted lines indicate the 99.87 percentile values.

Table 5. Statistics for Mars aerocapture orbit apoapsis altitude.

Achieved Apoapsis Altitude Bin Percentage

±400 km of target 88.1%
±600 km of target 96.8%
±800 km of target 99.5%
±1000 km of target 99.9%

The ACM ∆V in Table 6 is reported as negative if the achieved orbit is larger than the
target value and positive otherwise. The 95 percentile ACM ∆V is slightly higher than what
may be acceptable for science missions. This is attributed to the simple guidance scheme
used, which is sufficient for preliminary design but is not fully optimized. More advanced
schemes, such as the ensemble correlation filter developed by Roelke et al., can significantly
improve performance and reduce the ∆V required for apoapsis correction [41].
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Table 6. Statistics from Mars aerocapture Monte Carlo simulations.

Parameter Min. 5%-ile Avg. 95%-ile Max.

Apoapsis alt., km 1295 1685 2086 2481 3210
Periapsis alt., km 38.0 43.9 47.1 50.1 52.0
Deceleration, g 1.34 1.78 2.11 2.41 2.64

Heat rate, W/cm2 32 35 37 39 47
Heat load, kJ/cm2 5.3 7.0 8.2 9.4 11.2

PRM ∆V, m/s 30.4 31.5 32.8 34.4 37.0
ACM ∆V, m/s −132.9 −49.7 2.9 59.9 122.8

4.8. Orbiter Deflection Maneuver

The B-plane aim point during the interplanetary hyperbolic approach will be that of
the SmallSat, indicated by the green circle in Figure 12. For the small satellite targeting a
near-equatorial orbit, the trajectory is defined by rp = (3389.5 + 52) km, and ψ = 3π/2. The
orbiter’s approach trajectory for insertion into a 250 × 70,000 km polar orbit is defined by
rp = (3389.5 + 250) km, and ψ = π is indicated by the magenta star in Figure 12.
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Figure 12. Small satellite and host orbiter aim points on the Mars B-plane. After releasing the
SmallSat, the host orbiter performs a deflection maneuver to target its aim point.

Figure 13 shows the magnitude of the deflection maneuver ∆V as a function of time
from SmallSat release until entry and the angular position ψ on the host aim-point |B| circle
shown in Figure 12. The farther out from the planet the maneuver is performed and the
smaller the length of the vector connecting the two aim points on the B-plane, the smaller
the magnitude of the deflection maneuver ∆V. Note that the SmallSat aim point was
at ψ = 3π/2; hence, the deflection ∆V is the smallest if the target aim point is also at
ψ = 3π/2, and largest when ψ = π/2 (diametrically opposite to the initial aim point).
However, the farther out the SmallSat is released, the higher the EFPA error at the entry
interface will be. The decision on when the SmallSat can be released is thus a compromise
between orbiter deflection ∆V and EFPA error for the small satellite at entry. Based on
navigation studies for aerocapture at Venus by Austin et al. [42], the SmallSat is released
4 days prior to entry to keep the 3σ EFPA error below ±0.2 deg. The magnitude of the
deflection maneuver to target ψ = π is 29.5 m/s, within the 30 m/s limit set forth in the
mission requirements.
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Figure 13. Orbiter deflection maneuver ∆V as a function of time from SmallSat release until entry,
and the angular position ψ on the host aim-point |B| circle shown in Figure 12.

Figure 14 shows the near-equatorial approach directory of the small satellite until
entry and the approach trajectory of the host orbiter over the north pole.

Figure 14. Hyperbolic near-equatorial approach trajectory of the Mars SmallSat (green), and the polar
approach trajectory of the host orbiter spacecraft (magenta) until periapsis.

The host orbiter performs a 790 m/s propulsive burn into its 250 × 70,000 km polar
orbit. Figure 15 shows the two spacecraft in their capture orbits.
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Figure 15. Mars small satellite in 200 × 2000 km near-equatorial orbit post aerocapture (green), and
the host orbiter in 250 × 70,000 km polar orbit after propulsive orbit insertion.

5. Single Small Satellite to Venus Orbit as Secondary Payload

The high-level mission objective is to insert a small satellite into a low-circular polar
orbit at Venus as a secondary payload on an orbiter mission. Venus has a much higher
gravity well than Mars but a similar atmospheric extent, resulting in a much smaller
aerocapture entry corridor compared to Mars. This imposes more stringent constraints on
the allowable EFPA error for the small satellite at the entry interface than at Mars. Due to
its bigger gravity well and thicker atmosphere, both entry speed and aerothermal heating
are considerably higher at Venus compared to Mars. The more demanding entry conditions
require increasing the allowable deceleration to 10g and the peak heat rate to 240 W/cm2.

5.1. Mission Requirements

The study requirements are as follows:

1. The mission should deliver a 25 kg small satellite as a secondary payload on a Venus
orbiter mission to a 200 × 2000 km near-polar Venus orbit.

2. The concept must allow for at least 0.4 deg. of Theoretical Corridor Width and
accommodate a +/−0.1 deg. 3σ EFPA error at entry interface.

3. The maximum peak deceleration during aerocapture is not to exceed 10 g.
4. The maximum peak stagnation-point heat rate is not to exceed 240 W/cm2

5. The stagnation-point total heat load is not to exceed 25 kJ/cm2.
6. The orbiter deflection maneuver must not exceed 10 m/s.
7. The deflection maneuver must be performed no earlier than 2 days before entry.

5.2. Tradespace Exploration and Baseline Mission Concept

Figure 16 shows the drag-modulation aerocapture feasibility chart for Venus using
a vehicle with β1 = 20 kg/m2, RN = 0.235 m, and target apoapsis = 2000 km. The drag
modulation vehicle design presented in Section 3 with β2/β1 = 7.5 is shown to provide the
required TCW of 0.4 deg. for arrival V∞ in the range of 3 to 5 km/s. The interplanetary
trajectory used by the Akatsuki mission, with a launch date of 10 May 2010 and Venus
arrival date of 6 December 2010, is used as a representative Earth–Venus trajectory [44]. The
V∞ vector in the ICRF is [−3.269, 0.676, −1.069] km/s, and the V∞ magnitude is 3.51 km/s.
The selected vehicle β2/β1 and arrival V∞ is indicated by the black star in Figure 16, which
offers TCW > 0.4 deg. and keeps the peak heat rate at approximately 200 W/cm2.
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Figure 16. Venus drag-modulation aerocapture feasibility chart with β1 = 20 kg/m2, RN = 0.235 m,
target apoapsis = 2000 km. The star indicates the selected baseline β2/β1 = 7.5 and V∞ = 3.51 km/s.

5.3. Small Satellite Approach Trajectory and Atmospheric Entry State

An approach trajectory with rp = (6051+ 104) km, ψ = π is selected to achieve a 90 deg.
inclination orbit. This results in a planet-relative EFPA = −5.20 deg. at the atmospheric
interface (h = 150 km) and will be shown to fall within the aerocapture entry corridor in
Section 5.5. Table 7 lists the nominal atmospheric entry conditions for the aerocapture
vehicle. Figure 17 shows the approach trajectory of the vehicle until the atmospheric
entry interface.

Table 7. Venus aerocapture vehicle atmospheric entry state.

Parameter Value

Entry altitude, km 150
Entry longitude, deg. −6.22
Entry latitude, deg. 23.28

Atm. relative entry speed, km/s 10.82
Atm. relative heading angle, deg. 89.99

Atm. relative EFPA, deg. −5.20

Figure 17. Approach trajectory of the Venus small satellite aerocapture vehicle. The white ring and
the solid line indicate the equatorial plane and the direction of the north pole, respectively.
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5.4. Aerocapture Entry Corridor and Nominal Vehicle Trajectory

Table 8 shows the overshoot and undershoot EFPA limits for the Venus aerocapture
vehicle computed using the entry state in Table 7.

Table 8. Venus SmallSat aerocapture entry corridor.

Parameter Value

Overshoot limit EFPA, deg. −5.10
Undershoot limit EFPA, deg. −5.53

TCW, deg. 0.43

Figure 18 shows a nominal trajectory of the Venus aerocapture vehicle entering at
EFPA = −5.2 deg. The peak deceleration is about 7 g, and the peak stagnation-point heat
rate is 155 W/cm2, considerably higher than that at Mars with the same aerocapture vehicle.
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Figure 18. Nominal Venus small satellite aerocapture trajectory for a vehicle with β1 = 20 kg/m2,
β2/β1 = 7.5, RN = 0.235 m entering at atm. relative to EFPA = −5.20 deg. Target apoapsis = 2000 km.

5.5. Effect of Atmospheric Uncertainties and Target EFPA Selection

As discussed in Section 4.5, the effect of atmospheric mean density uncertainties must
be considered when selecting the target EFPA. Table 9 shows the corridor bounds using a
representative minimum, average, and maximum mean density profile from VenusGRAM.

Table 9. Effect of density variations on Venus aerocapture corridor.

Parameter Min. Density Average Max. Density

Overshoot, deg. −5.171 −5.109 −5.057
Undershoot, deg. −5.582 −5.530 −5.483

TCW, deg. 0.410 0.421 0.427

Figure 19 shows the effect of atmospheric density variations on the Venus aerocapture
entry corridor. The blue, green, and red rectangles indicate the aerocapture corridor for
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the minimum, average, and maximum density atmospheric profiles, respectively. Initially,
a target EFPA = −5.3 deg. was selected, but it was found that the mean density of the
atmospheric profiles used for the Monte Carlo simulation was slightly higher than those
used to compute the corridor bounds in Figure 19. This required adjusting the nominal
target EFPA to −5.2 deg. (slightly more shallow), which is used for the Monte Carlo
simulations.
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Figure 19. Effect of density variation on Venus aerocapture corridor. The black dash-dot line indicates
the selected EFPA, and the black dotted lines indicate the assumed ±3σ error.

5.6. Guidance Scheme

Figure 20 shows the evolution of altitude rate and altitude for a guided Venus drag-
modulation aerocapture trajectory entering at EFPA = −5.2 deg. The altitude rate threshold
is adjusted to−150 m/s to allow the vehicle to descend sufficiently into the atmosphere and
obtain a reasonable density model before beginning apoapsis prediction. More negative
values of the altitude rate threshold caused the density estimation to cut off too early,
resulting in an inaccurate density model, which caused several trajectories to overshoot
the target apoapsis. On-board density estimation begins at entry and continues until an
altitude rate of −150 m/s is exceeded at approximately 80 s after entry. At 107 s after entry,
the drag-skirt jettison is commanded to achieve the desired apoapsis.
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Figure 20. Evolution of altitude rate and altitude during Venus aerocapture. The red circle indicates
the time at which drag skirt jettison is commanded.

5.7. Performance Analysis

Nominal values of the parameters and associated uncertainties used for the Monte
Carlo simulations are listed in Table 10. The atmospheric mean density uncertainty (±3σ)
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and high-frequency perturbations are used from Venus-GRAM [45]. All 1000 entry trajec-
tories propagated achieved successful orbit insertion. Figure 21 shows the distribution
of the achieved apoapsis and periapsis altitude at atmospheric exit. Figure 22 shows the
distribution of the peak g-load, peak stagnation-point heat rate, and the total heat load.

Table 10. Venus aerocapture Monte Carlo uncertainties.

Category Variable Nominal Uncertainty Distribution

Navigation EFPA −5.20 deg. ±0.10 deg. (3σ) Normal
Atmosphere Mean density - ±3σ Normal

Random - rpscale = 1 Uniform
Aerodynamics β2/β1 7.5 ±10% (3σ) Normal
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Figure 21. Histogram of the apoapsis altitude (left) and the apoapsis altitude and periapsis alti-
tude (right) for Venus aerocapture. The black dashed line indicates the target apoapsis altitude of
2000 km.
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Figure 22. Scatter plots of the peak deceleration, peak stagnation-point heat rate and the total heat
load for Venus aerocapture. The black dotted line indicates the 99.87 percentile values.

Table 11 shows the distribution of the achieved apoapsis altitude. In total, 91.4% of the
cases achieved apoapsis within ±400 km of the target, and 98.4% achieved apoapsis within
±800 km of the target. Any apoapsis error after aerocapture would need to be corrected
by propulsive burns at the periapsis to raise or lower the apoapsis. Table 12 shows the
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statistics from the Monte Carlo simulations. The 95 percentile peak deceleration and peak
heat rate are 8.8g and 168 W/cm2. The 95 percentile periapsis increase in ∆V is 27 m/s.

Table 11. Statistics for Venus aerocapture orbit apoapsis altitude.

Achieved Apoapsis Altitude Bin Percentage

±400 km of target 91.4%
±600 km of target 96.2%
±800 km of target 98.4%
±1000 km of target 99.0%

Table 12. Statistics from Venus aerocapture Monte Carlo simulations.

Parameter Min. 5%-ile Avg. 95%-ile Max.

Apoapsis alt., km 1399 1865 2107 2510 5418
Periapsis alt., km 97.5 99.3 101.2 102.6 103.4
Deceleration, g 4.13 5.47 7.11 8.81 9.51

Heat rate, W/cm2 129 144 157 168 191
Heat load, kJ/cm2 10.4 12.3 16.1 19.7 22.2

PRM ∆V, m/s 22.9 26.1 26.5 27.1 28.2
ACM ∆V, m/s −552.7 −101.5 −21.0 28.2 131.4

5.8. Orbiter Deflection Maneuver

The small satellite approach is defined by rp = (6051.8 + 103.85) km and ψ = π.
The orbiter’s trajectory for insertion into a 400 × 150,000 km polar orbit is defined by
rp = (6051.8+ 400) km, ψ = π. The aim points on the Venus B-plane are shown in Figure 23.
After SmallSat release, the host performs a deflection maneuver to target its aim point.
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Figure 23. Small satellite and host orbiter aim points on the Venus B-plane. The inset shows a
magnified view of the two aim points, both of which have ψ = π.

Based on navigation studies for aerocapture at Venus [42], the SmallSat is released
2 days prior to entry to keep the 3σ EFPA error below ±0.1 deg. The deflection maneuver
∆V is 1.28 m/s. Note that the magnitude of the deflection maneuver is much less than that
for Mars (see Section 5.8) because the host is also targeting a polar orbit. Figure 24 shows the
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approach directory of the small satellite until the entry interface and the approach trajectory
of the host spacecraft until periapsis, where it performs propulsive orbit insertion.

Figure 24. Hyperbolic approach trajectory of the Venus SmallSat (green) until entry interface and the
approach trajectory of the host orbiter spacecraft (magenta) until periapsis.

The SmallSat performs aerocapture and executes a 28 m/s periapsis raise maneuver
to complete its orbit insertion to a 200 × 2000 km polar orbit. The host orbiter performs a
784 m/s burn to capture into its 250 × 150,000 km polar orbit. These results illustrate how
a very small deflection maneuver can be used to send a small satellite into a low-circular
orbit as a secondary payload on a Venus orbiter mission. Such an orbit configuration, for
example, offers the possibility of collecting simultaneous multi-point measurements of the
magnetosphere. Figure 25 shows the two spacecraft in their captured orbits.

Figure 25. Venus small satellite in 200 × 2000 km polar orbit post aerocapture (green), and the host
orbiter in a 400 × 150,000 km polar orbit after propulsive orbit insertion (magenta).

6. Mars Small Satellite Constellation

In this section, the results for the single small satellite at Mars are extended to multiple
small satellites delivered to various inclination orbits. The high-level mission objective is to
deliver a constellation of five small satellites to Mars orbit as a secondary payload. The host
orbiter releases each small satellite on its approach trajectory and then performs a targeting
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maneuver to target the next one. Once the last small satellite is released, the host performs
a deflection maneuver to target its approach trajectory for propulsive insertion.

6.1. Mission Requirements

The inclinations of the various satellites are arbitrarily selected for this study to illus-
trate targeting multiple orbits for a constellation but can easily be adapted to other orbits.

1. The mission should insert a set of five 25 kg SmallSats to 200 × 2000 km orbits with
inclinations of 1.65 deg., 22.5 deg., 45 deg., 67.5 deg., 90 deg. as secondary payloads.

2. The total ∆V available for the deflection maneuvers for small satellite targeting, and
the final orbiter deflection maneuver is 25 m/s.

6.2. B-Plane Targeting and Approach Trajectories

The approach trajectories for the five small satellites are defined by rp = (3389.5 +
52) km and ψ = [3π/2, 11π/8, 5π/4, 9π/8, π], whose aim points on the Mars B-plane
are shown in Figure 26. These approach trajectories target orbits with inclinations of
1.65 deg., 22.5 deg., 45 deg., 67.5 deg., and 90 deg. for the small satellites. Since all the
small satellite trajectories have the same rp, the aim points have the same |B| and lie on
the SmallSat |B| circle. Hence, all the five SmallSat approach trajectories result in the same
EFPA = −9.25 deg. (effect of planet rotation causes the atm. relative EFPA to be slightly
different and must be accounted for). Hence, the aerocapture trajectory results for the single
satellite from Section 4 are valid for each of the five SmallSats. The approach trajectory
of the host orbiter is the same as that defined in Section 4.8, rp = (3389.5 + 250) km, and
ψ = π.
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Figure 26. SmallSat and host orbiter aim points on the Mars B-plane. After releasing each SmallSat,
the host orbiter performs a small maneuver to target the aim point for the next one.

6.3. SmallSat Targeting and Orbiter Deflection Maneuvers

Table 13 shows the maneuver plan to accomplish the B-plane targeting shown in
Figure 26. Here, ∆V1 indicates the targeting maneuver performed immediately after the
first small satellite is released to target the aim point for the second satellite. To avoid
performing maneuvers too close to the planet, which can drive up ∆V, it is assumed that
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the satellites can be released as early as 7 days prior to entry and can execute very small
TCMs to correct navigation errors after release. ∆V1 is performed 7 days prior to entry
(E-7 days). ∆V5 is the orbiter deflection maneuver performed 3 days prior to entry. The
maneuver schedule is chosen so as to keep the total targeting and deflection maneuver ∆V
within the 25 m/s. Figure 27 shows the approach directory of the five small satellites until
the entry interface and the approach trajectory of the host orbiter spacecraft arriving over
the north pole.

Table 13. Mars small satellite constellation targeting and orbiter deflection maneuvers.

Maneuver Type Time, Days ∆V , m/s

∆V1 Targeting E-7 4.63
∆V2 Targeting E-6 5.38
∆V3 Targeting E-5 6.43
∆V4 Targeting E-4 7.99
∆V5 Orbiter deflection E-3 0.95

Figure 27. Approach trajectory of the five Mars small satellites with various inclinations (green) until
atmospheric entry and the host orbiter (magenta) until periapsis.

Figure 28 shows the orbits of the five small satellites and the host orbiter. These
results demonstrate how it is possible to target different aim points on the SmallSat B-
plane circle with different values of ψ with very small targeting maneuvers (<8 m/s),
corresponding to different inclinations. Since the mission designer is free to choose any
angular position on the B-plane circle for targeting, it becomes possible to insert these
satellites into any inclination ranging from arrival declination to polar, and even retrograde
orbits. Furthermore, the orbit size (apoapsis altitude) for each aerocapture vehicle can
be chosen independently to range from low-circular to moderately elliptical orbits (the
aerocapture corridor becomes too small for highly elliptic orbits). Thus, the combination of
B-plane targeting and independent apoapsis targeting allows for a wide range of inclination
and orbit sizes for small satellite constellations depending on the mission requirements.
For example, it is possible to target two satellites toward low circular near-polar orbits and
two satellites toward elliptical near-equatorial orbits to sample the Martian magnetosphere.
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Figure 28. Mars small satellite constellation in 200 × 2000 km orbits with various inclinations from
equatorial to polar (green), and the host orbiter in 250 × 70,000 km polar orbit.

7. Venus Small Satellite Constellation

In this section, the results for the single small satellite at Venus are extended to include
multiple small satellites to the Venus orbit as a secondary payload.

7.1. Mission Requirements

1. The mission should insert a set of five 25 kg SmallSats to 200 × 2000 km near-polar
orbits with inclinations of 80 deg., 85 deg., 90 deg., 95 deg., and 100 deg.

2. The total ∆V available for targeting and orbiter deflection maneuver is 45 m/s.

7.2. B-Plane Targeting and Approach Trajectories

The trajectories of the SmallSats are defined by rp = (6051.8 + 103.8) km and ψ = [1.06π,
1.03π, π, 0.97π, 0.94π], whose aim-points on the Venus B-plane are shown in Figure 29.
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Figure 29. SmallSat and host orbiter aim points on the Venus B-plane. After releasing each SmallSat,
the host orbiter performs a maneuver to target the aim point for the next one.
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Since these aim points lie on the |B| circle, all trajectories result in approximately
the same EFPA = −5.2, and the aerocapture trajectory results for the single satellite from
Section 5 also hold here. The approach trajectory of the host is rp = (6051.8 + 400) km, and
ψ = π.

7.3. SmallSat Targeting and Orbiter Deflection Maneuvers

Table 14 shows the maneuver plan to accomplish the B-plane targeting shown in
Figure 29. ∆V1 is performed four days prior to entry (E-4 days), followed by subsequent
maneuvers every 12 h. ∆V5 is the orbiter deflection maneuver performed after the final
small satellite is released. The maneuver schedule is chosen so as to keep the total targeting
and deflection maneuver ∆V within the 45 m/s set in the mission requirements.

Table 14. Venus small satellite constellation targeting and orbiter deflection maneuvers.

Maneuver Type Time, Days ∆V , m/s

∆V1 Targeting E-4 4.71
∆V2 Targeting E-3.5 5.37
∆V3 Targeting E-3 6.18
∆V4 Targeting E-2.5 7.29
∆V5 Orbiter deflection E-2 18.2

Figure 30 shows the approach directory of the five small satellites until entry and the
approach trajectory of the host orbiter.

Figure 30. Approach trajectory of the five Venus small satellites with various inclinations (green)
until atmospheric entry and the host orbiter (magenta) until periapsis.

Though the analysis presented in Sections 6 and 7 is for the small satellites as secondary
payloads on a host orbiter, it is also applicable to a standalone mission using a dedicated
cruise stage delivering the small satellites instead of an orbiter. The cruise stage can be a
Rocket Lab Photon upper stage, which will be launched to LEO or GTO as a secondary
payload, with just enough propellant to perform a propulsive burn to escape the Earth’s
vicinity and perform the targeting and deflection maneuvers on arrival. This opens up the
possibility of dedicated standalone small satellite constellation missions to Mars and Venus.
On approach, the spacecraft will perform small maneuvers to release the small satellites on
their approach trajectories for aerocapture, after which the cruise stage can be targeted to
fly by the planet, or enter the atmosphere and burn up. Figure 31 shows the orbits of the
constellation of five near-polar small satellites and the host orbiter.
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Figure 31. Venus small satellite constellation in 200 × 2000 km near-polar inclination orbits (green),
and the host orbiter in a 250 × 150,000 km polar orbit (magenta).

The orbits in Figure 31 intersect because all orbits have the same apogee and perigee,
and only the inclination is different. In practice, each satellite can be allowed to have a
slightly different apogee and perigee to avoid the risk of collisions between satellites.

8. Mission Cost

Edwards et al. performed a preliminary study assessing the cost drivers for small
missions and concluded that ∆V is the largest driver of mission cost [7]. Figure 32 shows the
estimated mission cost as a function of ∆V for a chemical propulsion system and payload
mass. The 25 kg spacecraft design considered in this study could potentially carry about
5 kg of scientific payload (based on the study by Austin et al. [42]).
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Figure 32. Mission cost as a function of ∆V for a chemical propulsion system. mPL refers to the
science payload (instrument mass). Derived using data from Edwards et al. [7].

Compared to the 1770 m/s required for propulsive insertion to a 200 × 2000 km
orbit at Mars, aerocapture accomplishes orbit insertion with less than 100 m/s (combining
PRM and ACM ∆V; cf. Section 4.7). This translates to a cost reduction from over USD
100 million to USD 20 million, nearly a factor of five. At Venus, compared to the 3130 m/s
required for propulsive insertion, aerocapture requires less than 60 m/s (cf. Section 5.7),
thus potentially providing even more cost savings. A caveat of this estimate is that the
cost of the aerocapture system is not considered, as no such estimate is available in the
literature. The realization of a drag-modulation aerocapture flight system will involve
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hardware and software development and testing, validation, and integration costs, which
cannot be estimated at this stage. Once a viable design is realized and flight tested, the
recurring cost of realizing additional flight units and integrating them with small satellites
is expected to be much lower than the initial development costs. Hence, the significant
∆V saving offered by aerocapture will potentially lead to cost savings for small missions,
and additional studies are recommended to quantify the cost for small satellite aerocapture
mission architectures.

Another method of comparing aerocapture to propulsive insertion is to compare
the orbit insertion fuel mass to the aerocapture system mass, as the required fuel and
aerocapture system mass can be an indicator of the cost. For propulsive insertion, using the
rocket equation, given a spacecraft dry mass md, the required fuel mass m f is

m f = md

(
exp

[
∆V

Ispg0

]
− 1
)

(10)

For insertion to a 200× 2000 km orbit at Mars, the ∆V required is 1770 m/s. Assuming
Isp = 320 s for a bi-propellant system, an impulsive burn and no finite burn losses, the
required m f to insert a 25 kg dry mass spacecraft into orbit is 19 kg. For a 200 × 300 km
orbit, the ∆V is 2100 m/s, and the required fuel mass is 23 kg. The aerocapture system mass
is approximately 25 kg, irrespective of the orbit size. Hence, the aerocapture does not lead
to mass savings over propulsive capture for orbit insertion at Mars for typical Earth–Mars
trajectories. Once a drag modulation flight system has been realized through technology
development, integrating a 25 kg compactly stowable aerocapture system may be more
cost-effective than a 25 kg propulsion system for a small spacecraft with volume constraints.

For insertion to a 200 × 2000 km orbit at Venus, the ∆V required is 3130 m/s. The
required m f to insert a 25 kg spacecraft into orbit is 43 kg, which is 72% higher than the
aerocapture system, which is 25 kg. For a 200 × 300 km orbit, the ∆V is 3500 m/s and the
required fuel mass is 51 kg, which is over 100% more than the aerocapture system mass.
Hence, the aerocapture offers significant mass savings over the propulsive capture at Venus,
particularly to low-circular orbits, which will potentially also lead to cost savings.

9. Additional Mission Concepts

The results presented so far to insert multiple small satellites into orbit as secondary
payloads can be extended to several related mission concepts of interest. A brief discussion
of a set of mission concepts, which are also enabled by the ADEPT entry system and small
B-plane targeting maneuvers analyzed in this study, is presented.

9.1. Standalone SmallSat Orbiter Missions Using Small Launch Vehicle

The study results have so far assumed the small satellite(s) are secondary payloads
on a host mission. However, large missions still do not launch frequently and may not
be willing to accommodate the demands of small spacecraft. Low-cost launch vehicles,
such as the Electron with the Photon upper stage, are capable of launching about 30 kg
on Earth escape trajectories [46]. With aerocapture, a 15 kg spacecraft can be inserted
into low-circular orbit with such a launch vehicle. The 320 kg wet mass Photon can also
be launched as an ESPA secondary payload to GTO [47]. Following orbit raising and an
Earth escape maneuver, it can serve as a cruise stage, which can carry four 50 kg ADEPT
aerocapture vehicles, each of which can deliver a 25 kg spacecraft to a different orbit at
Mars or Venus.

9.2. SmallSat Relay Orbiter for Mars Lander and Venus Balloon Missions

A small satellite can be inserted into orbit as part of a large Mars lander mission
following the same technique described in Section 4. After releasing the small satellite on
its aerocapture trajectory, the lander spacecraft would perform a deflection maneuver to
target its aim point for atmospheric entry rather than propulsive orbit insertion. The small
satellite can serve as a dedicated telecommunications relay for the lander mission, freeing
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up bandwidth on other large orbiters. Small satellites can also be used as relay orbiters for
Venus balloon or lander missions. Unlike Mars, where there exists a network of orbiters
that could be used as data relays, Venus missions are constrained by low direct-to-Earth
data rates (<100 bps) through its thick absorbing atmosphere [48]. A small relay orbiter
with a deployable high-gain antenna could increase the data rate to several kbps.

9.3. Mars Global Small Lander Network

The method described in Section 6.2 for delivering multiple SmallSats to various incli-
nation orbits can also be extended to multiple small Mars landers as secondary payloads on
a large mission [49]. Instead of performing aerocapture, the ADEPT spacecraft will perform
direct entry and deliver landers across the surface. The lander network can spread across
various latitudes to provide global coverage (ranging from near-polar to equatorial landing
sites) and could be used for coordinated seismic, meteorological, and other investigations.

9.4. Mars Global Imaging Constellation

Small satellites such as Planet’s Dove 3U CubeSats, which weigh less than 5 kg (and
come at a fraction of the cost of large imaging satellites), have enabled a revolution in Earth
observation [50]. A future Discovery-class mission may extend such a capability to Mars,
enabling scientists to image the entire surface repeatedly. Assuming each satellite is about
25 kg and the ADEPT entry system is 50 kg, a single InSight-like cruise stage can carry
about 10 of these small satellites in a single launch. On approaching Mars, the cruise stage
will perform the B-plane targeting maneuvers before releasing each small satellite, which
will then aerocapture into low-circular orbits and establish a global imaging constellation.

9.5. Venus Radar Mapping Constellation

As with imaging satellites, small, low-cost Synthetic Aperture Radar (SAR) satellites
such as that operated by ICEYE ('100 kg) offer unprecedented radar imagery of the Earth’s
surface [51]. Such a radar constellation can greatly enhance our understanding of the
Venusian surface and interior. While there are challenges, e.g., the download of large
volume SAR data from Venus, on-board data processing techniques, such as those used by
VERITAS [52] and deployable high-gain antennae, may be able to solve these problems [53].
An ADEPT entry system weighing approximately 300 kg can deliver a 150 kg small radar
satellite to Venus orbit. The proposed VERITAS mission has a launch mass of 1500 kg.
Such a future Discovery-class mission can deliver about five of these small satellites to
low-circular orbits in a single launch and establish an SAR constellation at Venus.

10. Technology Development and Mission Infusion

Several key technologies enabling ADEPT drag-modulation aerocapture have already
been tested in flight and ground facilities. The SR-1 sounding rocket flight test demonstrated
successful exo-atmospheric deployment of ADEPT from its stowed configuration and
aerodynamic stability without active control through Mach 0.8 [34]. The 3D-woven carbon
fabric, which serves as the ADEPT thermal protection system, and the structural surface
have been tested in arc-jet facilities at over 200 W/cm2 and 8 kPa [54]. The dynamics of the
drag skirt separation event have been studied using both CFD simulations and experimental
tests [55]. The experimental ballistic range tests demonstrated clean separation of the drag
skirt from the center body for a scaled solid flight model in hypersonic free flight [56]. A
future sounding rocket experiment similar to the SR-1 test can potentially demonstrate
the ADEPT drag skirt separation in flight at supersonic speed. An end-to-end low-cost
technology demonstration of the ADEPT drag-modulation aerocapture system can be
performed at Earth using a Geostationary Transfer Orbit (GTO) rideshare mission [39].
The next step would be to add a single satellite as a secondary payload to a Mars/Venus
mission and demonstrate aerocapture at a planetary target. The successful demonstration of
SmallSat aerocapture at Mars/Venus will establish it as a proven technology and eventually
pave the way for large Flagship-class aerocapture missions to Uranus and Neptune [57–60].
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11. Conclusions

Small, low-cost satellites have the potential to perform targeted high-value science
investigations, both as secondary payloads on traditional large planetary missions and
individually using dedicated low-cost small launch vehicles. One of the major technical
hurdles for interplanetary small satellites is that on arrival, they require large ∆V, sev-
eral km/s particularly, to enter low-circular orbits. The study presented a detailed mission
analysis for an ADEPT drag modulation concept to insert a single small satellite into a
low-circular orbit around Mars and Venus as a secondary payload on a larger orbiter mis-
sion. Compared to the 1770 and 3130 m/s ∆V required for propulsive orbit insertion into
a 200 × 2000 km orbit at Mars and Venus, aerocapture enables small satellites to perform
orbit insertion with less than 35 m/s of propulsive ∆V. Additional propulsive burns may
be required to correct apoapsis errors, which will require propellant and reduce mission life,
but can be minimized using more advanced guidance schemes that provide better apoapsis
targeting than the simple guidance scheme used in the study. The study then showed
how drag-modulation aerocapture, when combined with very small B-plane targeting
maneuvers, allows the delivery of multiple small satellites to various inclination orbits
from a single host spacecraft or a dedicated cruise stage to form a constellation. Preliminary
cost estimates indicate that by reducing the required orbit insertion ∆V to under 50 m/s,
aerocapture can potentially reduce the total mission cost of a 25 kg small satellite going to a
low-circular Mars orbit from over USD 100 million to USD 20 million, nearly a factor of five.
The substantial reduction in required propulsive ∆V to enter low-circular orbit and the
potential reduction in mission cost offered by aerocapture compared to propulsive insertion
will enable a new paradigm of small satellite constellation concepts at Mars and Venus.
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